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Abstract
The feasibility of using streamwise surface heat
transfer measurements to detect the presence of flow
separation in a two-dimensional reflected oblique
shock/turbulent boundary layer interaction is reported.
Surface heat transfer and static pressure data are presented
for attached and separated flows for a free stream nomi-
nal Mach number range of 2.5 to 3.5 and shock generator
angles of 2 to 8 degrees. The static pressure data do show
the characteristic triple inflection point distribution for the
strongly separated flow cases. The corresponding surface
heat transfer data show unique trends that correlate well
with the static pressure determination of the extent of
the separated flow region. For the incipient or weakly
separated flow cases, the static pressure data do not ex-
hibit the characteristic triple inflection point distribution.
However, the same trends in the heat transfer data that
are seen for the strongly separated flow cases are evident
for the weakly separated flows. Hence, the heat trans-
fer data can be used to determine the extent of weakly
separated flows when surface static pressure distributions
often can not.
Nomenclature
cf skin friction coefficient
D wind tunnel characteristic dimension
(30.48 cm)
h convective heat transfer coefficient(W/M2 K)
Lnf reference length
M ', free stream nominal Mach number
Po wind tunnel total pressure
p static pressure
Q. applied heat transfer rate (W)
qo applied heat flux (W/m2)
Re/m unit Reynolds number
Taw adiabatic wall temperature
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To	 wind tunnel total temperature
Tw	 local wall temperature
u+	non-dimensional law of the wall velocity
x	 streamwise coordinate of instrumentation
xref	 reference axial coordinate; locates shock
generator plate leading edge relative to
wind tunnel test section entrance
xs axial coordinate of inviscid shock
impingement point on test surface
y transverse coordinate
y + non-dimensional law of the wall
transverse coordinate
z spanwise coordinate
a shock generator angle of attack
bo boundary layer thickness upstream of
interaction region
Introduction
The interaction of an oblique shock wave with a
turbulent boundary layer is a phenomenon commonly
found in supersonic and hypersonic aircraft engine inlets.
An inlet designer can make judicious use of an oblique
shock system to decelerate the incoming flow and provide
the necessary pressure recovery for an aircraft propulsion
system. Typically, these design techniques require that
the interaction of the shock wave with the boundary layer
be well-behaved with no flow separation. The presence
of flow separation will reduce the efficiency of the inlet
system and can result in an inlet unstart in extreme cases.
In the design and test phases of an inlet development
program, one must be able to recognize when flow sepa-
ration is present. When intrusive flowfield measurements
are not practical for these models, diagnostic instrumen-
tation such as surface static pressure taps and surface-
mounted thermocouples can be used to quantify the model
performance.
The purpose of this paper is to propose some anal-
ysis methods to determine the presence of separation in
a reflected oblique shock/turbulent boundary layer inter-
action. Particular attention will be given to the inter-
pretation of heat transfer data for this interaction. The
data analyzed were acquired by Hingst and Porro l in the
NASA Lewis 1x1 ft. Supersonic Wind Tunnel (SWT).
Experiment
A flat plate with a sharp leading edge was used
to generate an oblique shock which interacted with the
Table 1 Test Conditions.
Tunnel Total Boundary Layer Per MeterSkin FrictionNominal Mach Actual Mach Pressure, Height, Reynolds
Number Number Po, bo,
Coefficient,
c 103 Number, Re xkPa mm f x 10-6
 m
2.5 2.47 172 37.33 1.49 17.4
3.0 2.98 207 29.04 1.35 16.6
3.5 3.43 241 31.67 1.14 15.1
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present study were made. These results are depicted in
Fig. 3.
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Fig. 1 Schematic of experimental hardware.
naturally-occurring sidewall turbulent boundary layer in
the NASA Lewis 1x1 ft. SWT. In order to reduce three-
dimensional effects, the shock generator plate spanned
the entire test section, and fences were used to shield the
measurement region on the wind tunnel sidewall from
the corner flows at the juncture of the tunnel sidewalls.
The shielding fences were located approximately 9 cm
off the centerline of the wind tunnel sidewall. The shock
generator plate was actuated in order to vary the incident
shock angle. A schematic of the experimental hardware
is shown in Fig. 1.
The test conditions of the present study along with
the characteristics of the incoming turbulent boundary
layers are tabulated in Table 1. Undisturbed boundary
layer profile measurements were made 11.43 cm down-
stream of the wind tunnel test section entrance. The in-
coming boundary layer profiles are plotted versus a wall-
wake curvefit2 and are shown in Fig. 2. This comparison
does show that the incoming boundary layers for the con-
ditions of this study are indeed turbulent.
All quantitative measurements were made in the
streamwise direction at the centerline of the wind tunnel
sidewall. It is generally accepted that measurements at
this location are representative of a two-dimensional in-
teraction for moderate shock strengths. Davis and Hingst3
have investigated the undisturbed boundary layers on the
1 x 1 ft. SWT test sidewall and have found that they are
uniform and two dimensional near the spanwise center-
line of the test sidewall where the measurements for the
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Fig. 2 Wall-wake curvefit of 1x1 ft. SWT
naturally-occurring boundary layers.
Removable inserts contained the appropriate instru-
mentation for each test phase. The first insert contained
static pressure instrumentation, and the second insert had
surface-mounted thermocouples on an inconel sheet. The
inconel sheet was electrically isolated (insulated) so that
a constant emf could be applied to the sheet. This pro-
vided an area of constant heat flux for the heat transfer
measurements. The heated element area was 218.13 cmz.
The instrumentation location coordinates were fixed
relative to the wind tunnel. However, the data that will
be presented subsequently were referenced to the leading
edge of the shock generator plate which was not at a
constant axial location throughout the testing. For some
of the test conditions, the shock generator plate had to
be moved a significant distance upstream so the incident
oblique shock would impinge on the instrumented area of
the wind tunnel sidewall. In addition, the shock generator
plate did not rotate about its leading edge when the angle
of attack was changed which also moved the leading edge
relative to the measurement instrumentation.
Static pressure measurements were made under nom-
inally adiabatic tunnel wall conditions while the heat
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Fig. 3 Undisturbed boundary layers
on the NASA Lewis 1 x 1 Ft. SWT
test sidewall (adapted from ref. 3).
transfer measurements were made with a constant heat
flux boundary condition which elevated the wall temper-
atures in the measurement region. The subsequent data
show a peak temperature rise of 12 percent above the
wind tunnel total temperature due to the heating. A de-
tailed description of the experiment can be found in Ref.
1.
Sonic Separated FlowLine	 Region
b) Separated How
Fig. 4 Schematic of reflected oblique shock
wave/turbulent boundary layer interaction.
Analysis
Three types of data will be presented in this paper:
(1) schlieren flow visualization, (2) surface static pressure
measurements, and (3) heat transfer measurements. All
data were used to diagnose and determine the extent of
flow separation in the reflected oblique shock/boundary
layer interaction. An excellent discussion of the char-
acteristics of both the attached and separated reflected
oblique shock/turbulent boundary layer interaction can
be found in Ref. 4.
Schlieren Flow Visualization
Without large scale flow separation, the schlieren
will show an apparently inviscid interaction. The shock
will appear to impinge and pass through the turbulent
boundary layer and reflect from the flow surface. In real-
ity, a much more complicated process is occurring due to
the presence of the turbulent boundary layer. A schematic
of this type of interaction is shown in Fig. 4a. As the in-
cident shock passes through the boundary layer, it curves
and becomes weaker due to the transverse Mach number
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gradient in this region. This shock wave impinges and re-
flects as an expansion wave in the vicinity of the boundary
layer sonic line. Also, the boundary layer tends to thicken
in this vicinity due to the effects of the flow compression
propagating upstream through the subsonic portion of the
boundary layer. This boundary layer thickening causes a
series of compression waves to form upstream of the ini-
tial impingement point which then coalesce to form the
reflected shock. This phenomenon manifests itself as the
"upstream influence" effect in these kinds of interactions.
That is, when one closely inspects the quantitative surface
flow data, the effects of the impinging shock wave can
be seen upstream of the actual shock impingement point.
When the shock strength increases enough to cause
flow separation, the schlieren results show quite a differ-
ent behavior. A schematic of this interaction is shown in
Fig. 4b. In this case, a separation bubble lifts the bound-
ary layer from the flow surface which causes a strong
compression fan to form ahead of this region that again
coalesces into the reflected shock wave. As the flow
passes over the separation bubble, first an expansion and
then a compression fan form due to the flow angularities
caused by the bubble. In some instances, the schlicren
may show the separation bubble itself. However, this
usually needs to be substantiated by quantitative data.
x/Lref
Surface Static Pressure Measurements
Another method used by many researchers to de-
tect flow separation in a reflected oblique shock/boundary
layer interaction is to inspect the wall static pressure dis-
tribution in the interaction region for a triple inflection
point behavior4 . The inflection points indicate (1) sep-
aration, (2) onset of reattachment, and (3) the effect of
the reattachment compression. The effect of the reattach-
ment compression on the flow surface is believed to be
the point where the flow fully reattaches to the surface.
The triple inflection point diagnostic technique effectively
has been used to show the extent of flow separation in
a strong interaction, but is not totally effective for the
case of a weak or incipient separation interaction 4 . This
analysis method has been applied to the data acquired in
this study, and the results will be presented subsequently.
Surface Heat Transfer Measurements
The third type of data to be analyzed for flow
separation diagnostics are surface heat transfer mea-
surements made at the spanwise centerline of the
oblique shock/boundary layer interaction. 	 Previous
investigations 5-8 have acquired heat transfer data for this
interaction, but only Hayashi et al .8 have attempted to use
this data as a flow separation diagnostic. Data acquired by
Hingst and Porro l are analyzed here to further develop the
use of surface heat transfer data as a means of diagnos-
ing flow separation in a reflected oblique shock/boundary
layer interaction.
b) Temperatures.
Fig. 5 Test surface axial heat transfer
and temperature distribution in
the constant heat flux region.
In the experiment, a constant heat flux was applied
to the flow surface in the heat transfer measurement re-
gion. Upstream of this location, the wind tunnel sidewalls
were near the adiabatic wall temperature with little or no
heat transfer occurring. This can be characterized as a
unheated starting length problem, in which there is a step
change in heat transfer on the flow surface. A tempera-
ture gradient forms as the thermal boundary layer adjusts
to the new wall boundary condition. The effect of the
wall heat transfer is shown in Fig. 5a. In this plot, the
flow proceeds from left to right, and the strong stream-
wise wall convective heat transfer gradient can be seen
at the beginning of the heated region. The corresponding
wall temperature distribution is shown in Fig. 5b.
In order to quantify the heat transfer effects in this
type of shock/boundary layer interaction, a judicious
choice of data reduction is needed especially when try-
ing to use this information to diagnose the location and
extent of separated flow regions. We found that referenc-
ing the oblique shock/boundary layer interaction data to
the undisturbed heated boundary layer data (cf. Fig. 5)
at the same free stream conditions and applied heat flux
levels yielded a good indication of flow separation. For
supersonic flows, the convective heat transfer coefficient,
Ii, is defined as
qh = /	
,,	 (1)
(TW — T.W )
where q o is the applied heat flux, T, is the local wall
temperature, and T,N, is the local adiabatic wall temper-
ature. Similarly, a reference convective heat transfer co-
efficient can be defined as
q /1
h reC = (Tw,,r 
o 
raw)	 (2)
where TW,rer is the local wall temperature for the heated,
undisturbed boundary layers. Using these relations, the
heat transfer for the various oblique shock/boundary layer
datasets now can be referenced to the undisturbed condi-
tions simply as the ratio, h/h«r.
As an example, the raw temperature data could be
presented as shown in Fig. 13b for a typical oblique shock
wave/turbulent boundary layer interaction. In this case,
which will be discussed in detail later, there is flow sep-
aration present, but inspection of the raw temperature
distribution does not explicitly show the separation re-
gion. However, when using the analysis, the data shown
in Fig. 13b are replotted as relative heat transfer coeffi-
cients which now are shown in Fig. 13c. The data now
show a secondary plateau just after the shock impinge-
ment location which was not evident when inspecting the
raw temperature data. This secondary plateau region is
an indication of flow separation and will be discussed
subsequently.
Results and Discussion
Schlicren Flow Visualization
Selected Schlicren photographs of the reflected
oblique shock/boundary layer interaction are shown in
Figs. 6-9. The flow proceeds from left to right in these
photographs. For each case, the free stream nominal
Mach number is 2.5, and the shock generator angles are
inclined 2, 4, 6, and 8 degrees, respectively relative to
the incoming flow. In all the schlieren photos, the inci-
dent and reflected shock system appear to be quite thick
or smeared. Some of this apparent smearing can be at-
tributed to the fact that the schlieren representation of
the flow field is integrated across the entire wind tunnel.
Therefore, as the planar shock waves enter the sidewall
boundary layers, the shock waves curve and appear to
thicken due to the Mach number gradient in the sidewall
boundary layers.
In addition to the incident and reflected shock, we
see another disturbance in the schlieren viewing area that
travels from the wind tunnel sidewall and impinges on the
shock generator. This disturbance appears to be another
shock wave, but it is in fact a Mach line that emanates
from the juncture of the wind tunnel test section and
the removable nozzles which are used to achieve the
particular supersonic flow condition. The reason this
Mach line seems so pronounced is because the original
schlieren photographs were in color and conversion of
these photographs to a black and white format have
enhanced the appearance of this disturbance.
Fig. 6 Schlieren flow visualization, M,, = 2.5, a = 2.0°.
5
Fig. 7 Schlieren flow visualization, M^ = 2.5, a = 4.0°.
Fig. 8 Schlieren flow visualization, M^ = 2.5, a = 6.0°.
6
Fig. 9 Schlieren flow visualization, M. = 2.5, a = 8.00.
The first two cases shown in Figs. 6 and 7 corre-
spond to the a = 2 and 4 degree shock generator angles
and are typical schlieren results for flows that remain at-
tached throughout the shock/boundary layer interaction
region. In these figures, one can clearly see the incident
shock and the corresponding reflected shock. In Fig. 7
there is also evidence of a compression fan forming just
upstream of the shock impingement point.
The next two photos, Figs. 8 and 9, are the schlieren
results for shock generator angles of 6 and 8 degrees, re-
spectively and are conditions when flow separation oc-
curs. For the 6 degree case, a casual inspection of the
schlieren photograph indicates a shock structure similar
to the attached flow cases. However, a closer inspection
of the schlieren photograph shows evidence of the re-
flected shock propagating upstream of the incident shock
impingement point. In reality, a small separated flow
region exists, and a strong compression fan does form
upstream of the incident shock due to flow angularity
caused by the presence of the separation bubble. As with
the attached flow cases, this compression fan coalesces
to form the reflected shock.
For the 8 degree case, the separated flow region
grows, and the corresponding compression fan/reflected
shock system is more pronounced than what was seen
for the 6 degree case. The compression fan forms farther
upstream, and now evidence of an expansion fan can be
seen together with the reflected shock.
A detailed inspection of Figs. 8 and 9 near the
flow surface does reveal evidence of a separation bubble
Referring to Fig. 9, one can see a dark line emanating
from the base of the reflected shock and reattaching itself
farther downstream of the interaction region. Correlation
of this line with the static pressure and heat transfer data
which will be presented subsequently shows that the line
is an indication of the separated flow region. This effect
can also be seen in Fig. 8 for the 6 degree case and again
correlates well with the quantitative data as to the location
of the separated flow region.
Surface Static Pressure Measurements
The surface static pressure distributions for all condi-
tions considered in this study are shown in Figs. 10-19a.
As with the schlieren results, the flow proceeds from left
to right in these and all subsequent plots. For these par-
ticular plots, the static pressures are non-dimensionalized
by a reference static pressure which corresponds to the
approximate static pressure in the wind tunnel just up-
stream of the test hardware used in this investigation.
Referring to Fig. 1, the axial distance, x, of the instru-
mented test surface is measured relative to the projection
of the leading edge of the shock generator plate onto
the flow surface, while L,f is the normal distance from
the test surface to the leading edge of the shock gener-
ator plate. The variable x,er locates the leading edge of
the shock generator plate relative to the wind tunnel test
section entrance. The top axial scales in these series of
plots arc simply x/Lr, while the bottom scales are off-
set relative to the calculated inviscid shock impingement
point and then are non-dimensionalized by the incoming
boundary layer height, (x-xg)/bo.
Inspection of the static pressure data indicates that
the flow does not separate for the nominal shock gen-
erator angles of 2 and 4 degrees. Flow separation does
occur for shock generator angles of 6 degrees and greater.
The pressure rise due to the shock impingement exceeds
the theoretical inviscid pressure rise for the attached flow
cases, but this overshoot becomes progressively smaller
as the flow approaches separation and eventually sepa-
rates. As the separation region grows due to the increas-
ing shock strength, the static pressure rise falls below the
inviscid prediction.
The location of the estimated inviscid shock im-
pingement point on the flow surface is also shown in
the static pressure distributions as the origin of the lower
axial scales in the plot, i.e., (x-x s )/b,, = 0. In all cases, the
effects of the oblique shock impingement on the turbu-
lent boundary layer can be seen upstream of the predicted
inviscid shock impingement point. This is primarily due
to the viscous nature of the interaction. As mentioned
previously, this upstream influence effect occurs in the
attached flow cases (a = 2 and 4 degrees) because of the
flow compression effects propagating upstream through
the subsonic portion of the boundary layer. For the sep-
arated flow cases, the presence of the separation bub-
ble causes a strong compression fan system to form up-
stream of the bubble which again manifests itself in the
static pressure distributions as an upstream influence ef-
fect. In general, the initial influence effects move farther
upstream relative to the inviscid shock impingement point
as the shock strength increases from either increasing the
free stream Mach number or the shock generator angle
of attack.
The first indication of flow separation appears at the
6 degree shock generator angle for all results presented
here. The separation is indicated by the two inflection
points in the pressure data of Figs. 12 and 18a for the
Mach 2.5 and 3.5 cases. Both inflection points are not
easily seen for the Mach 3.0 case (cf. Fig. 16a) because
the interaction occurred in the sparsely instrumented re-
gion of the static pressure array. The first inflection point
corresponds to the location of the flow separation point.
In this type of interaction, there should be three dis-
tinct inflection points in the separation region. It is not
clear from the pressure data whether the second inflection
point corresponds to the onset of flow reattachment or
the effect of the reattachment compression wave. Other
investigators° have noted that the triple inflection point
distribution is not clearly seen when the extent of the
separation region is very small.
When the shock generator angle of attack is in-
creased to 8 degrees, the flow separation due to the
oblique shock/boundary layer interaction becomes more
pronounced, and the characteristic triple inflection point
distribution in the pressure rise region can now be seen,
cf. Figs. 13, 17, and 19a. In each of the Figures, these
inflection points are annotated and correspond to (1) the
point of flow separation, (2) the onset of reattachment,
and (3) the effect of the reattachment compression, re-
spectively. The results at the 8 degree shock generator
angle for the different free stream Mach numbers show
that the triple inflection point distribution becomes more
pronounced as the free stream Mach number and corre-
sponding shock strength increases.
In addition to the static pressure distributions, the ex-
tent of the separation region determined by the schlieren
flow visualization is shown in Figs. 12 and 13a for the
Mach 2.5, a = 6 and 8 degree cases. For the 6 degree
case, the schlieren locations agree well with the static
pressure results, while the schlieren overestimates the ex-
tent of the separated flow region for the 8 degree case.
Since the schlieren flow visualization is integrated across
the whole span of the wind tunnel, we do not expect these
results to be as accurate as the quantitative measurements.
Surface Heat Transfer Measurements
The results of the surface heat transfer measure-
ments for the oblique shock/boundary layer interaction
are shown in Figs. 10-19b and c. Both the actual surface
temperature measurements and inferred relative convec-
tive heat transfer distributions are presented. Each form
of the data representation can give insight to the nature
of flow separation in these types of interactions. The
surface temperature distributions in the Figures are non-
dimensionalized by the wind tunnel total temperature, To,
while the convective heat transfer coefficients are ratioed
relative to the undisturbed heated boundary layer convec-
tive heat transfer coefficients which are shown in Fig. 5.
Surface Temperature Measurements. An inspection of
the data for both the attached and separated flow cases
tends to show that the initial temperature gradient due to
the shock impingement consistently appears downstream
of the corresponding static pressure gradient.
The surface temperature measurements for the at-
tached flow cases, a = 2 and 4 degrees, clearly show the
effect of the oblique shock impinging on the boundary
layer. Near the shock impingement location, a steep gra-
dient region appears similar to what is found in the static
pressure distributions.
The temperature distributions for the separated flow
cases exhibit a double peak behavior. The first peak
again corresponds to the beginning of the shock/boundary
layer interaction region, while the first minimum after this
peak indicates the onset of flow separation (1), and the
second temperature peak corresponds to the onset of flow
reattachment (2). These data trends can be substantiated
by comparing the wall temperature distribution to the
corresponding wall static pressure distribution where the
triple inflection point behavior can be seen.
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For example, consider the Mach 2.5, 3.0, and 3.5,
a = 8 degree cases, Figs. 13, 17, and 19b, respectively.
The first maximum in the Mach 2.5, a = 8 degree wall
temperature data does indeed correspond to the location
where the initial pressure rise occurs due to the oblique
shock/turbulent boundary layer interaction. The first min-
imum in the wall temperature distribution (1) is believed
to be the boundary layer separation point. This minimum
is located just upstream of the first inflection point in the
wall static pressure distribution which is an alternative
method to locate the flow separation point. We believe
that this discrepancy between the two methods to locate
the boundary layer separation point can be attributed to
the sparseness of the static pressure array in this portion
of the interaction region.
We feel that the secondary maximum (2) of the wall
temperature distribution for the Mach 2.5, a = 8 degree
case corresponds to the onset of flow reattachment point,
and this location does agree well with the second inflec-
tion point in the wall static pressure distribution. The
final feature to distinguish in the wall temperature dis-
tribution is the location of the effect of the reattachment
compression wave (flow reattachment point) on the tem-
perature distribution. This is characterized by the third
inflection point in the static pressure distribution. Unfor-
tunately, there is no readily apparent feature in the wall
temperature distribution such as a sharp maxima or min-
ima to indicate this location. A perfunctory inspection
of the wall temperature distribution in this region shows
only a gradient region in which the wall temperature is
decreasing. However, a detailed inspection of the data re-
veals an inflection point (3) in the gradient region which
correlates reasonably well with the third inflection point
in the static pressure distribution.
The Mach 3.0, a = 8 degree results are shown in
Fig. 17b. This is another separated flow case in which
the static pressure distribution exhibits the characteristic
triple inflection point behavior. In this case, the wall
temperature distribution also shows the double peaked
behavior which is seen for the Mach 2.5, a = 8 con-
dition. However, the Mach 3.0 data show that the first
maximum in the temperature distribution, which is an in-
dication of the extent of the upstream influence due to the
shock/turbulent boundary layer interaction, occurs a sig-
nificant distance downstream of the initial pressure rise.
This is the only set of data for both separated and attached
flows where the disagreement between the two methods
used to diagnose the extent of the upstream influence be-
comes significant. At this time, we are not sure what
causes the discrepancy at this condition.
The next feature to be seen in the wall tempera-
ture distribution at this condition is the first minimum
(1) which corresponds to the flow separation point. This
location correlates well with the separation location pre-
dicted by the static pressure distribution. Next appears the
onset of flow reattachment point which is characterized
by the secondary maximum (2) in the wall temperature
distribution. This point agrees reasonably well with the
location predicted by the wall static pressure distribution.
The final feature seen in the wall temperature dis-
tribution is the first inflection point (3) in the gradient
region after the secondary maximum. For the Mach 2.5,
a = 8 degree results, this inflection point corresponds to
the location of the effect of the compression reattachment
wave on the flow surface which correlated well with the
static pressure distribution predictions. For this case, this
inflection point also agrees well with the static pressure
prediction of the flow reattachment point.
The Mach 3.5, a = 8 degree results are shown
in Fig. 19b. As with the previously discussed re-
sults, the surface wall temperature distribution due to
the shock/turbulent boundary layer interaction exhibits
the characteristic double-peaked behavior. The first peak
in the temperature distribution again agrees well with the
static pressure distribution as to the extent of the upstream
influence effect on the flow surface. However, the first
minimum, which we feel is an indication of the flow
separation point, occurs upstream of the flow separation
point predicted by the static pressure distribution. The
secondary maximum, which we feel is the onset of flow
reattachment location, again occurs slightly upstream of
the location predicted by the static pressure distribution.
This apparent disagreement could be due to our misin-
terpretation of the locations of the triple inflection points
in the static pressure distribution because of insufficient
static pressure data in the critical portion of the interac-
tion region.
The final feature to be noted in the wall temperature
distribution is the inflection point (3) that is indicative of
the effect of the reattachment compression wave on the
flow surface. This inflection point is also present in the
Mach 3.5, a = 8 degree wall temperature distribution and
compares well with the corresponding static pressure pre-
diction as to the location of the reattachment compression
wave effects on the flow surface.
As mentioned previously, the static pressure distri-
butions for the a = 6 degree shock generator angles indi-
cated the presence of flow separation for the free stream
Mach numbers (2.5, 3.0, and 3.5) investigated in this
study. However, the separated flow regions were small
enough such that the limited surface static pressure in-
strumentation used in this study could not fully diagnose
the extent of the separated flow region. That is, the static
pressure distributions did reveal evidence of flow sepa-
ration, but we did not clearly see the characteristic triple
inflection point distribution for the a = 6 degree cases.
In Fig. 12b, we see the surface temperature distribu-
tion for the Mach 2.5, a = 6 degree case. The double-
peaked temperature distribution is evident and can be
used as a flow separation diagnostic for this interaction.
As discussed before, the first peak locates the upstream
influence effect of the oblique shock/turbulent boundary
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layer interaction. This peak clearly can be seen in the plot
and is in good agreement with the static pressure mea-
surements as to the extent of the upstream influence. The
first minimum (1) in the temperature distribution is indi-
cated and corresponds to the location of the initial flow
separation point. Again, this conclusion is substantiated
by the first inflection point in the static pressure distribu-
tion. Next, the second maximum (2) appears in the tem-
perature distribution which is indicative of the onset of
flow reattachment point. Note that evidence of the onset
of flow reattachment point cannot be readily seen in the
static pressure distribution. After the flow reattachment
point, we find the inflection point (3) in the downstream
temperature gradient region which we have previously
shown to be the effect of the reattachment compression
on the flow surface. This location is in good agreement
with the observed second inflection point in the surface
static pressure distribution.
This same analysis can also be applied to the other 6
degree shock generator cases to diagnose flow separation.
Referring to Fig. 16b, the results for a free stream Mach
number of 3.0 are shown. In this particular case, the
shock/boundary layer interaction occurred in the sparsely
instrumented region of the static pressure array, so no
definitive conclusions can be drawn as to the nature and
extent of the separated flow region with these data alone.
However, inspection of the surface temperature distribu-
tion reveals the location of flow separation (1), reattach-
ment (2), and effect of the reattachment compression (3)
by the methods that we discussed previously.
For the Mach 3.5, a = 6 degree condition, the static
pressure distribution results shown in Fig. 18a do not
easily reveal the nature and extent of the flow separation
caused by the shock/boundary layer interaction. How-
ever, the surface temperature results shown in Fig. 18b
do reveal some of the characteristics of the interaction,
particularly the flow separation (1) and reattachment (2)
locations. In this case, the interaction occurred far enough
downstream such that the surface temperature data could
not be used to determine the location of the effect of the
reattachment compression on the flow surface.
Surface Convective Heat Transfer. The relative convec-
tive heat transfer coefficient distributions are shown in
Figs. 10-19c for the conditions investigated in this study.
As mentioned previously, these distributions are produced
by first determining the convective heat transfer coeffi-
cient distribution for the shock/boundary layer interaction
and then ratioing these results to the undisturbed heated
boundary layer data (Fig. 5) at the same heating rates and
free stream Mach numbers. We feel that presentation of
the data in this manner gives additional insight as to the
nature and extent of flow separation in a reflected oblique
shock/turbulent boundary layer interaction.
The attached flow cases, free stream nominal Mach
numbers of 2.5 and 3.0, a = 2 and 4 degrees, are char-
acterized by a relatively constant relative convective heat
transfer distribution upstream of the interaction region,
followed by a sharp gradient in the interaction region,
and a corresponding rise in convective heat transfer lev-
els downstream of the shock/boundary layer interaction.
One feature of the heat transfer distribution that becomes
apparent when the data is presented in this manner is
the dip in the relative convective heat transfer coeffi-
cients just before the sharp gradient region. This trend
in the convective heat transfer has been previously noted
by Johnson and Kaufman I17
 and by Hayashi et al. 8 In
their study, Hayashi et al. reported seeing this reduction
in heat transfer before the effects of the shock/boundary
layer interaction are seen in the surface static pressure
distribution. Our data indicate that the beginning of this
heat transfer dip appears at the same axial location where
the initial static pressure rise occurs. However, as noted
previously, our static pressure array was sparsely instru-
mented in some of the interaction region, so this could
be a reason why our data do not substantiate Hayashi et
al. data trends.
When flow separation occurs in the oblique
shock/turbulent boundary layer interaction region, some
definite trends in the relative heat transfer coefficient dis-
tribution are noted, namely a plateau region that appears
in the steep gradient region that is not present with the
attached flow shock/boundary layer interaction cases. For
this discussion, we will consider the a = 8 degree cases
for free stream nominal Mach numbers of 2.5, 3.0, and
3.5, Figs. 13, 17, and 19c.
Referring to the Mach 2.5, a = 8 degree relative
convective heat transfer distribution shown in Fig. 13c,
we see that the heat transfer increases in the beginning of
the interaction region and then levels out to form a plateau
region where the convective heat transfer is relatively
constant. After this plateau region, the heat transfer
again increases and forms a steep gradient region which
then levels out to form another plateau at the end of the
shock/boundary layer interaction region. Comparison of
this data to the static pressure distribution and the surface
temperature data indicate that the first plateau corresponds
to the separated flow region. The initial inflection point
of this plateau corresponds to the flow separation point,
while the end inflection point of the plateau corresponds
to the onset of flow reattachment point. The effect of the
flow reattachment compression wave on the wall, which
was seen in the previously presented static pressure and
wall temperature distributions, is not clearly seen when
the data is presented in this manner. There is evidence of
an inflection point in the relative convective heat transfer
coefficient distribution in the region just downstream of
the separation, but it is difficult to discern whether or
not it is an indication of the effect of the reattachment
compression on the flow surface.
The next separated flow case, Mach 3.0 and a = 8
degrees (cf. Fig. 17), show similar trends as the Mach
2.5 data. In this case there are sufficient data points up-
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stream of the interaction region that show the presence of
the characteristic dip or lowering of the heat transfer co-
efficients in the initial portion of the shock wave/turbulent
boundary layer interaction. However, this dip is not as
pronounced as was observed for the attached flow results.
The separated flow plateau region is evident, but it now
contains a gradient region where the relative convective
heat transfer decrease somewhat. Again, a comparison
of this data to the corresponding wall temperature dis-
tribution data show that the first inflection point in the
plateau region is the flow separation point, while the sec-
ond inflection point corresponds to the onset of flow reat-
tachment point. As with the Mach 2.5 data, the relative
convective heat transfer coefficients do not clearly show
evidence of the reattachment compression wave on the
wall.
The Mach 3.5, a = 8 degree relative convective
heat transfer coefficients are shown in Fig. 19c. The
data distribution is similar to what is seen for the Mach
2.5 and 3.0 cases. Again, the separated flow plateau
region can be seen along with the two inflection points
that correspond to the flow separation and onset of flow
reattachment points. Similar to the Mach 3.0 results, the
plateau region contains a slight gradient in which the
convective heat transfer decreases somewhat. As with
the other separated flow relative convective heat transfer
distributions, evidence of the reattachment compression
effects on the wall cannot be clearly seen.
As mentioned previously for this study, the a = 6
degree shock generator cases correspond to a weakly sep-
arated oblique shock/turbulent boundary layer interaction.
The heat transfer data reduced in terms of relative con-
vective heat transfer coefficients are shown in Figs. 12,
16, and 18c for the nominal free stream Mach numbers of
2.5, 3.0, and 3.5, respectively. The characteristic dip in
the convective heat transfer coefficients at the beginning
of the interaction region can be seen for the Mach 3.0
and 3.5 cases. All conditions do show evidence of flow
separation in the form of a plateau appearing in the steep
gradient region. The separation regions are small enough
so that the plateau region is not as well defined as the
strongly separated flow cases discussed earlier. This in-
troduces some ambiguity in determining the extent of the
separated flow region because the two inflection points
corresponding to flow separation and reattachment are
not clearly visible. For these cases, it appears that the
wall temperature distributions are a better flow separa-
tion diagnostic than the relative convective heat transfer
coefficients.
Concluding Remarks
The ability to use surface heat transfer as a means
of diagnosing the presence of flow separation in a two-
dimensional reflected oblique shock/turbulent boundary
layer interaction was established. The heat transfer data
were compared to the streamwise centerline surface static
pressure distribution in the shock/boundary layer interac-
Lion region which is a widely-used flow separation di-
agnostic. The heat transfer data were analyzed in two
forms: (1) actual surface temperature distribution, and
(2) relative convective heat transfer coefficients.
The results indicate that the heat transfer data can
be used as a flow separation diagnostic in a shock
wave/turbulent boundary layer interaction. In general,
there was good agreement between the static pressure and
heat transfer data determinations of the nature and extent
of the separated flow region for the strongly separated
cases. The actual surface temperature rather than the rel-
ative convective heat transfer coefficients gave the best
quantitative information about the extent of the separated
flow region. However, from a qualitative standpoint, the
relative surface convective heat transfer coefficient dis-
tribution showed the presence of flow separation much
more readily than either the actual temperature or the
static pressure distribution.
In the case of weak or incipient flow separation in the
oblique shock/turbulent boundary layer interaction, the
heat transfer data were more reliable than static pressure
measurements in determining the nature and extent of
the separated flow region.
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